ggv6e:

NACA TN 3140

.l _

..
e,
A

i

L &)
O

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS

TECHNICAL NOTE 3140

USE OF AERODYNAMIC HEATING TO PROVIDE THRUST BY
VAPORIZATION OF SURFACE COOLANTS
By W. E. Moeckel

Lewis Flight Propulsion Laboratory
Cleveland, Ohio

Washington
February 19564

AFM_C

FT O RARE .. - P
teohidionl Linnron

bL9L5900

L 2er

WN ‘gdv) AMVHEIT HO3L



B88d

vb-L

TECH LIBRARY KAFB, NM

LT

NATIONAL ADVISORY COMMITTEE FOR AFRONAUTICS 0065969

TECHNICAL NOTE 3140

USE OF AERODYNAMIC HEATING TO PROVIDE THRUST BY
VAPORTZATION OF SURFACE COOLANTS

By W. E. Moeckel

SUMMARY

Anglysis is made of the propulsive thrust and specific impulse
attainable by cooling aircraft surfaces wlth liguefied or solldified
gases having vaporization temperatures lower than the equilibrium sur-
face temperature. It is found that for some coolants & net thrust is
obtainable without further heat addition at all flight speeds if the
vaporization temperature and heat of vaporization are sufficiently low.

Use of coolant vaporizetion as the sole means of propulsion ylelds
low specific Impulses at low speeds. As flight speed Increases, the
attainable specific impulse increases; if lilquid hydrogen is used as
coolant, specific impulses camparable to those of conventional liquild
rocket propellants are theoretically attailnsble in the hypers¢nic speed
range. This propulsion system provides the posslibility of flight with
cooled aircraft surfaces at extremely hlgh Mach numbers.

As an suxiliary power source, hydrogen vaporization by aerodynamlc
heating can maintain surface temperatures sufficlently low to preserve
structural integrity at all flight speeds, and the gas can be eJjected
wlth & specific impulse in the range of current liquid rockst
propellants.

INTRODUCTION

Rocket propulsion is bassed on the conversion of liguid or solid
fuel into gases which are expelled rearward at the highest possible
speed. Normally, chemlcal energy of the fuel 1s utilized to produce
the desired gas phase, and to ralse the gas temperature to produce
high jJet veloclties.

In the present report it is proposed that aerodynamic (or atmos-
pheric) heating be used to vaporize and heat & liguefied or solidified
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gas having a vaporlzation temperature below the equilibrium temperature
of the alrcraft surfaces. The resulting gas is to be collected in a
chamber and expelled through & nozzle as in conventlonal rocket propul-
slon. The thrust and speciflc impulse attainable with such a propul-
sion system are determined as functlon of Mach number for a variety of
posslble coolants. Use of coolant vaporization as an independent or as
an auxiliary power plant 1s discussed, and the deslgn parameters that
determine the efficiency of the system are analyzed. Many engineering
agpects of the system, however, are not considered herein.

ANALYSIS _

To arrive at an estimate of the thrust obtainable by the coolant
vaporization technique, conslder a misslle such as that shown in the
following sketch. A liquefled or solldifled gas having a boiling poilnt or
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sublimation point conslderably below equlllbrium surface temperature

1ls circulated or stored between the outer and the lnmner shell. The
vaporized gases are collected In & chamber C and are allowed to expand
through the nozzle. The liquld or solid phese 1s assumed to be at the
equilibrium vaporlzation temperature corresponding to the chamber pres-
gure p,, and the gas phese 1s assumed to be raised to & final mean

temperature equal to the chamber temperature T,.

The total heat entering the coolant through the extermal surfaces
1e g A, Btu per second. (Symbole are defined in appendix A.) This
heat vaporizes w pounds per second of the liquefied or solidified gas
and raises the gas temperature from the vaporization temperature Ty
to a final temperature T,. The heat balance 1s therefore:

86882
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Oy = W [hv + Cp,e (T, - Tvﬂ (1)

where h, 1s heat of vaporlzation. The mean rate of heat flow into the
coolant, per square foot of external surface area, can be written

Gy = by(Te - Ty) = P Vg cp,0 Sto (Tg - Ty) (2)
where Tg = Tg (l + -z—-,;,—l £ Moz)

In this equation, St 1s the Stanton pumber, T, 1is the equilibrium

surface temperature for an insulated surface, € 1s the recovery factor,
and T, 1s the mean temperature of the entire cooled surface.

In terms of the speclfic impulse I of the gases at chamber con-
ditions and the total weight flow w, the thrust is

Thrust = Iw (3)

The net axial force on the missile, in horizontal flight, 1s

A\ P00
Frot = Iw - Drag = Iw - (cD,l + I(; Ce -—ZE— (4)
where CD,]_ is the total drag coefficlent of the miesile (based on Ag)
with the exception of the friction drag of the cooled surfaces, Ce 1is

the mean sgkln-frictlon coefficient for the cooled surfaces, and Ay 1is

the maximum frontal area. Use of equations (1) and (2) results in the
following form of equation (4):

F

net Ay Cp,1

rr———— - — - - ———

1P0 _ o cF,ne'b Ce Ao (G 1) Cf:‘ (5)
27 Y040

where G 1s the ratio of thrust generated psr unlt area of the cooled
surface to the friction drag of that unlt area, and 1s expressed as:

.. IW/AW _ (El) St cP,O(Te - T.) -
T . P AV 1 + Cp o(Tn - T)
%Eo Voch 0 5 Ce hy p,crTc v

For turbulent boundary layers, the ratio S 5 Ce 1is found in refer-
ence 1 to be about 1.2; for laminar boundary layers (ref. 2) this ratilo )
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for Prandtl number of 0.72, 1s about 1.245. TInasmuch as these values
are almost the same, the value 1.2 will be used for both turbulent and
leminar flow. Similarly, the recovery factor, which 1s about 0.845 and
0.88 for laminar and turbulent flow, respectively, will be assumed to
be 0.88 for both types of boundary layer. With these assumptions, G
is identical for laminar and turbulent flow.

Equations (5) and (6) indlcate that, for T, <Ty, it should be

posslble to reduce the net drag of a missile by utilizing aerodynamic
heating to vaporize a coolant. In particular, iIf G cen be made
equal to unity, the frictlon drag of the cooled surface 1s exactly
cancelled. If G can be made sufficlently greater than unity, 1t
should be possible to make the bracket in equation (5) egual to or
greater than zero, in which case a net thrust can theoretlcally be
attained. It is shown in appendlx B that values of G greater than
unlty are compatible with the flrst law of thermodynamilcs.

Evaluation of gpecific impulse I and thrust parameter G. - The
quantity gI, which 1s the effective Jet veloclty, can be written

ol = o Aoee (7)
L
where m, 1s the molecular welght of the propellant gas and ¢ 1is
a dimensionless functlion of exlt pressure p,, chamber pressure bp,,
ambient pressure pgy, and the ratio of specific heats of the
propellant Ys!

® = Qo0 (8)

2%7q
Yo-1'

where @upax =
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For expansion to ambilent pressure (pg = Pg), equation (8) reduces
to

70'1
pe\ 7c
¢ = (Pmax 1l - 'P_c' (83)

The maximum value of ¢ (and consequently the ideal value of I) is
obtained when Pe/Pc = 0. Values close to this ldeal may be attainable

at extremely high altitudes. This ldeal speciflc lmpulse is plotted
In figure 1 as a functlion of final gas temperature T,, for several

posslible coolants.

For hydrogen and helium, the specific impulse obtalned when
Pe/Ps = 1/6 1s also plotted to indicate values corresponding to pres-

sure ratlos that should be readily attainable at lower altitude.

Of the coolants considered, only hydrogen and hellum yleld specific
impulses in the range of currént liquid propellants. (Although the
liguld hydrogen - liquld oxygen propellant systems and a few others
can attaln speclific impulses in the range 300 to 400 lb-sec/lb, most
current systems are in the rangs 200 to 300 Ib—sec/lb.) The conclu-
sion to be drawn from figure 1 is that the coolant-vaporization method
of propulsion can have propellant consumptlon comparable to that of
conventlional ligquid propellants if hydrogen or helium is used and 1if
chamber temperatures conslderably higher than the vaporization temper-
atures are attailned.

From equation (6), the followlng dimensionless thrust parameter
can be derlved:

@y ol 5,070 )
(= =" v (8) (g (@)

To

where Ty and ay are amblent static temperature and sound speed,

respectively. For a glven ambient temperature, thls parameter depends
only on the propellant characteristics and on the ratlos pe/pc and

PO/Pe' In figure 2, thils parameter 1s plotted against chember temper-

ature for the propellants used in figure 1. The ambient temperature

of the 1sothermal reglon of the atmosphere (35,000 to 100,000 £t) has been
assumed. The data used to plot these curves (as well as those of fig. 1)
are given in the following table, and were obtalned from reference 3. These
values of h, &and T, correspond to pressures close to atmospheric;

7c &nd cp)c are mean values appropriate to the low temperature rangse.
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Substance| hy, Cp,cs Ty, |Me| 7
Btu/1b|Btu/1b-CR| °R

A 67.7f 0.133 |[151 [40{1.67
co 80.8 .259 (149 |28|l.41
CO2 160 .184 |350 |44]1.3
He 10.8} 1.25 7.2| 4]1.67
Hy 194.5| 2.64 36 2|11.5
No 85.7 .256 139 |28|1l.4
0o 91.7 .228 |162 |32|1.4
NEz 588 .523 {432 [17}1.31
Hy0 970 .482 672 |18}1.31

?igwre 2 shows that helium, because of 1lts low heat of vaporiza-
tion, ylelds by far the largest thrust parameter at temperatures near
the vaporization temperature. At higher temperatures, however, where
the specific impulse is higher, helium and hydrogen yield conslderably
lower values of the thrust parameter than other substances. These low
values are due primarily to the large specific heats.

From figure 2, the ratio of thrust to friction drag developed by a
cooled surface (G) can be computed as a function of Mach number when the
mean surface temperature and chamber tempereture are specified. In
figure 3(a), results are shown for & chamber temperature and mean sur-
face temperature equal to the amblent temperature. Foxr this case,
argon and nitrogen provide the possibility of obtaining a net thrust
(G>1) for Mach numbers greater than about 3.0, while helium and
hydrogen produce ideal valuss of G greater than unlty for Mach num-
bers greater than 4.8 and 6.6, respectively. For the lower pressure
ratio (pe/pc = 1/6), the Mech numbers for which G equals unity for

helimm and hydrogen are 6.8 and 9.7, respectively.

Since the thrust parsmeter of figure 2 either changes little with
T, or reaches a maximum when T, = Ty, the maximum values of G are

approximately attained when the chamber temperature and the mean sur-
face temperature are as low as possible, that is, equal to Ty. These
values, however, are not attainable experimentally, since expansion
through the nozzle would produce recondensation of the gas. The max-
imum values of G are nevertheless shown in figure 3(b) as a limiting
cage, and to show the varilation of G with Mach number when the mean
surface temperature T, (assumed equal to Td) is less than ambient
temperature Ty. If T, 1s expressed in terms of Mach number in
equation (9), it is evident that G becomes infinite for Mg+ 0 as

well ag for M0->°° if TW< TO.

8882
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For the limiting case shown in figure 3(b), as could be anticipated
from figure 2, hellum produces by far the greatest thrust. Hydrogen,
argon, and nitrogen, however, all yleld maximum values of G greater
than unity for all Mach numbers if the maximum value of @ can be
approximately attained.

Shown in figure 3(c) are values of G obtained when the meen
surface temperature and the chamber temperature are permitted to rise
to 1200° R. Although the specific impulse for this case is much higher
than for low surface temperatures, the value of G is much smaller at
each Mach number.

The concluslon to be drawn from figure 3 is that aerodynamic
heating can vaporize several liquefied gases at a rate sufficient to
produce & net thrust at all Mach numbers if sufflclently low values of
Ty and T, are attainable. Such low values of T,, however, produce

low specific impulse. It 1s therefore evident that use of coolant
vaporization as an independent propulsion eystem can be competitive
with conventional rocket propulsion only at very high Mach numbers,
where values of G>1 are attainable with higher values of T,.

Hydrogen or helium veporization can be used as an auxiliary pro-
pulsion system (for which large values of G are not required) with
gpecific impulses comparable with those attained wlth conventional
liquid propellants at all Mach numbers, since the magnitude of T

(and consequently T,) is limited only by the reguirement that struc-
tural integrity be maintained.

Values of G and AW/AO required for propulsion. - Although values

of G greater than unity were found to be obtainable by vaporization
of surface coolants at all Mach numbers, equation (5) shows that the
condition

:V—O- (-1)2¢p 1/Cr (10)

must be satisfled if propulsion by coolant vaporization alone is to be
achieved. To estimate the values of G and AW/AO required for pro-

pulsion, conslder & cone-cylinder body with cone length-diameter ratio
fixed at 4.0. The ratio cD,l/cf for such a body, at zero angle of

attack, is shown In figure 4 as a function of Mach number for several
altitudes. (Base drag, boattail drag, and drag due to 1lift are not
considered in this example.) The Reynolds number for these curves is
based on a length of 50 feet. Frictlon coefficients for the laminar and
turbulent ceases were obtained from references 2 and 4, respectively.
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Laminar curves are plotted to one-tenth the scale of the turbulent

values. Flgure 4 shows that the area ratio required by condition (10),

for a given value of G, would be from 7 to 30 times as large (depending -
on altitude) for laminar flow as those required for turbulent Fflow.

Shown In figure 5 are the minlmum values of G requlired by condi-
tion (10) for the case of fully turbulent boundary layer et altitudes of
35,000 and 100,000 feet. These values are plotted for ratios of wetted
area to frontal ares of 44 and 440. The former value corresponds to a
cylindrical afterbody of length-dlameter ratlio of @bout 9; the latter
value represents an extreme that might be attained by means of extermal
fins. Superimposed on this plot are maximum values of G obtainsble -
with hydrogen and helium for several values of the mean surface tem-
perature T,. In calculating these curves, it was assumed that the
final gas temperature T, was equal to T, , and that © = @ ... The
maximum speciflc impulses corresponding to the velues of T, are also
indicated. Flgure 5 shows that propulsion at a given Mach number can
be accompllished wlth hligher speclflc Iimpulse the larger the area ratio
and the higher the altitude. For large ratios of surface to frontal
area, the effect of altltude becomes small.

2888

These concluslons are further lllustrated iIn figure 6, wherein -
the speciflc lmpulses obtainsble are oross-plotted against Mach number
from figure 5. For the large area ratio A,/Ay = 440, hydrogen yields

hilgher specific Impulse than helium at all Mach numbers. For
Aw o = 44, helium ylelds higher specific impulses than hydrogen for

Mach numbers below 4.7 at 100,000 feet and below 6.2 at 35,000 feet.
In the low supersonlc Mach number range, and with AW/AO = 44 asro-

dynamlic heating alone cannot vaporilze liquid hydrogen at & rate
sufficient to provide & net thrust.

Figures 5 and 6 illustrate that the specific lmpulse of the coolant-
vaporization methed of propulslon lncreases as the ratio of surface to
frontel area increases, and that the specific impulse increases with
Mach number. At sufficiently high Mach numbers, the specific lmpulse
obtainable with hydrogen vaporlzatlon can become comparable with values
obtalned with current liguid rocket propellants. i -

Hoat-transfer requlrements. - In the preceding section 1t was
agsumed that the mean surface temperature T, was approximately equal

to the final gas temperature T,. Although T, and T, are arbltrary

parameters In the thrust computatlon, thelr actual values depend on
detalls of the inbternal heat transfer from the surface to the coolant.
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From equations (1) and (2), a relation between T, T., and the
wolght flow w 1is obtalned:

Ay o Vo ©p, 0 Sto(Te - Ty) =w [hv + op o(T¢ - Tv)] (11)

It is necessesry to determine whether a heat exchanger can be devised
which will produce the desired or assigned values of Ty and Tg.

Let A; be the iInternal surface area exposed to the coolant (including
fins and baffles) and let hy and T; be the mean heat-transfer

coefficlent from the intermal surfece to the coolant and the mean
temperature of the coolant, respectively. Then, since the heat trans-
ferred into the external surfaces equals the heat transferred from the
internal surfaces to the coolant,

Ay by (Te - Ty) = Ay by (Ty - T4) (12)

In terms of Stanton number, the ratlo of Internal to external area
becomes

A1 Pg Vg op,0 Stp(Ts - Ty)

= (13)

But

where Api is the internal flow passage area. Substitution of the

value of w from equation (11) into equation (14) and the resulting
value of p4Vy into equation (13) yields

Ay hy + cp’c(Tc - Tg)
Apy T cp g Sty (Ty - B4) (15)

This equation: shows that the relation between T, and T, 1s deter-

mined by the ratio of internal surface area to internal passage area,
by the mean coolant temperature, and by the meen intermal Stanton
number. Inasmuch as & portlon of the iInternsal heat transfer bakes
place to a vaporlzing liquid or solid, it is difficult to assign
appropriate mean values of St; and Ty. However, the order of magni-

tude of the ratio Ai/Api required for specifled T, and T, can be
Te + Ty

estimated by letting T4 = 3 . The value of St <for heat
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transfer to the gas phase in pipes (ref. 5) is roughly 2 to 4x1073. 1P
Sty 1is assumed to be 3X1073, equation (15) becomes

+ 0, (T, -T
M gag 2 * %polTo - Tv) (16)
Apq To + Ty
cp’c Tw - '2——

The minimum value of T, that can be chosen ls, as might be expected,

Ty s = Ti' Attalinment of thls surface temperature requires
infinlte internal surface to passage area ratlo.

The assumption T,; = T, ylelds

Asg by
=~ » 667 1 1
Bpy ” cpTc-Tv““] (17)

For hydrogen, if T, 2 200° R, the maximum required velue of Aj/Api
is.about 1000. For T, = 50° R, Ay/Api 1s about 4000. These values

are atteinable with fins in the annuler passage between inner and outer
shell or by making the height of the annuler passage sufficilently small
relative to 1ts length. It appears, therefore, that the values of T,

and T, used In flgures 5 and 6 should be attalnable wilth suitable

‘heat-exchanger design. Pressure drops required in such heat exchangers
have not been considered. These are functions of the size of the

missile, the flight Mach number, the altitude, and several other variables.

At very high Mach numbers, where large coolant mass flows are required,
the design of & heal exchanger with sufflciently low pressure drop may
constitute a severe engineering problem.

Limitations on minlmum ratlo of nozzle-exit to chamber pressure. -
Two possible limitations on the minimum attainable value of Dg/Dg

exlat. One 1s the requirement that the nozzle-exit pressure cannot fall
below ambient etatic pressure without inocurring thrust losses. The
second 1s the condltlon that appreclable isentroplc expansion below
equilibrium condensatlon temperature is probably not attalnable. Data
obtained with air in hypersonic nozzles (ref. 6) indicate that extreme
purity 1s requlred to attain even a few degrees of supersaturation.
These date also indicete that the pressure-temperature curve for air
tends to follow the equilibrium condensation curve when the lsentropes
intersect i1t. Since the expression given for ¢ (eq. (8)) assumes
isentropic expansion, intersection of the lsentrope wlth the condensa-
tion curve constitutes a limit beyond which I and G cannot be
calculated by the equatlons derlved hereln.

| 8882
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To determine the conditlons under which the expansion mey reach the
condensation curve before ambient pressure is attained, the equilibrium
condensation curve for hydrogen ls plotted in figure 7, together with a
sequence of isentropes. A flight altitude scale corresponding to amblent
pressure 1is Included on the right of this figure. The second isentrope
to the right of the condensation curve forms & sort of boundary separating
values of chamber pressure and temperatures for which the altitude limi-
tatlon is more significant than the condensation limitation at flight
altlitudes less than about 100,000 feet. For initial chamber temperatures
and pressures to the right of this isentrope, expansion through the
nozzle can proceed isentropically to ambilent pressure. To the left of
this isentrope, the condensation curve may be encountered before ambient
pressure 1s reached if the altitude 1s sufficiently high. If, for
example, the Initlal chamber pressure is 1 atmosphere (log p = 0), then
for altitudes less than 100,000 feet and chamber temperatures greater
than about 100° R, the ambient pressure is attained before the conden-
sation curve is intersected.

To determine the penalty in thruet and specific impulse resulting
from nonzero values of pg/p, and pg/pe, the ratlo of the actusl value

of ¢ +to the maximum value of ¢ 1s plotted for hydrogen in figure 8
for PO/Pe =1 and 0. These curves were obtained from equations (8)

and (8a), with 7e = 1.5. The ratio m/qmax is also the ratio of actual
to ideal values of G and I, since both these parameters are directly
proportiongl to ¢.

It appears from figure 8 that values of Q/bmax greater than 0.90
are attainable only wilth pressure ratios pe/pc less than about 0.007

- 1f the nozzle-exit pressure 1s equal to ambilent static pregsure

(po/pe = 1). If the maximum chamber pressure is considered to be
10 atmospheres, ratios of Pe/Pc less than 0.007 are attainable only

at altitudes greater than 60,000 feet. The numerical conclusions
reached from figures 5 and 6 must therefore be modified according to
figure 8 for lower altltudes or lower chamber pressures.

Effect of specific gravity of propellant on range. - Although
hydrogen yields the best specific impulse of the coolamts congldered,
the density of liquild hydrogen is very low. Hence, a glven welght of
hydrogen willl occupy & much larger portion of a glven mlsslle volums
than conventional liquid propellants. To obtaln an indication of the
relative effect of propellant denslty, conslder the range equation for
flight at constant velocity and constant 11ft-drag ratio (Breguet path):

W,
X=V’0%Iln(l+_€_zp.) (18)
e
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where Wo,p is inltial propellant weight and We 18 initial total
welght less Wo,p (empty weight). Let Pp be the density of the propel-

lant, ¥p the initlal volume occupied by the propellant, and v the
total missile volume. Then equation (18) becomes

X
Vo

i)

=1 ln (1+ka) (19)

where

k=L R2_T2
Wev We

For given 1L/D, Vg, k, and I, the range is therefore proportional to
log (l+kpp).

¢ 2 X 15 defined as a volume specific impulse TIi,;, and If

L7,
Pp 1is expressed in terms of specific gravity, equation (18) becames

Iyo1 = -]% % =71 1ln (1+kpp) =1 ln [l + 62.4 k(specific gravityi] (19a)

This volume specific impulse, which determines the range at constant
veloclty, constant 1lift-drag ratio, and constant ratio of propellant
volume to missile empty weight, is plotted in figure 9(a) for

k = 2.0 cubic feet per pound and in figure 9(b) for k = 0.10 cubic
feet per pound. Since range increases with k, large values of k
correspond to long-range misslles, while small values of k suffice
for short-range missiles. It 1s evident fram figure 9 that the range
for a glven propellant volume is very sensitive to specific gravity,
although specific gravity tends to become less lmportant for long-
range missiles. For k = 2 cublc feet per pound, liquild hydrogen
(specific gravity = 0.07) requires a specific impulse of 400 pound-
seconds per pound to yield a range equal to that of an equal volume of
propellant with specific gravity 0.7 and specific impulse of 200 pound-
seconds per pound. These figures indicate that hydrogen vaporization,
although 1t provides the best specific impulse, may be less satisfactory
than other possible coolants if the structural welght and misslle size
required to hold the larger volume are considered. These concluslons,
based on constant L/D, could be altered considerably if difference in
fuel welght apprecilably affects the optimum L/D or structural welght
of the misslle.

Design conslderations for optlmum range. - If the centrifugal force
acting on a missile in steady horizontal f£light is considered, the range
equation (eq. (L8)) becomes (if the rotation of the earth 1s neglected)
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X = Yot 2P Lﬁ; In (1 + ‘i%zl’-) (20)
Vi_ e
" &R

where Ry 1s the radius of the earth. The lift-drag ratio of a wing-
body combination can be written

Crafa

D = (Cp,g+2Cr,a)83 + Cp,pho + C¢ phw,b

where the subscript 4 refers to wing values and subscript b refers
to body values. It i1s assumed that interference between wing and body
coefficients is negliglble and that the body is at zero angle of attack
regardless of the angle of attack of the wings. ZEach coefficlent 1s
based on the area by which 1t is multiplied, and cD,d and CZD,b refer

only to drag other than the friction drag.

Loy

(21)

For steady flight, the thrust eguation (eq. (5)}) becomes

Ay _%,1 _
v (1) = T;-_ (22)

where GD,]_ Includes, as before, all drag except the friction drag of

the cooled surfaces. If only the body surface 1s cooled by the coolant,
then the frlction drag of the wings, as well as their pressure drag,
must be included in GD,]_' If wings and body are cooled, OD,l is the

pressure drag of the body and wings. Equation (22) therefore becomes

Ag
_ Cpp o+ v Cp,2
Cr = G -1 (23)
where
cD,Z = CD,d + 2cf,d if only the body 1s cooled

Cp,2 = Op,a 1f body and wings are cooled
Cr =Cep Aw,b/AO if only the body 1s cooled

Ce = Ce p &y p/Ro + 207 g Bg/Bp 1f Dody and wings are cooled
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Substitution of equation (23) Into equation (21) yields

i, ( é)CL - (24)
Cp,2 "'%g'CD,b

(=) {

For a given velocity, prescrilbed asrodynamic coefficlents, and welght
ratio, the range for a cooclant-propelled missile is therefore propor-
tionel to I(1-1/@) (eas. (20) and (24)). From equations (6) and (7),
this quantlity can be written as follows:

he + Cp . oT (T" Tv)
v + Cp,oTo \ mm = 7
I_% oo To Mo g To To
I-5=% PNy 5 " T2 7 (25)
¢ -0 . 2 W
CP,OTO (l+0-l76140 - %)

Plots of (I—I/G) as functions of T, for & given My yileld peak
velues of (I-I/G) et an optimum value of T,, to be denoted by
T To obtain Tc,opt as & functlion of Mach number, eguation (25)

c,opt-
was differentiated with respect to T,. The resulting expression for
TC,OPt is
7 \2
1+40.176Mg% - ﬁﬂ)
Tc,opt 0
T, = szoz (28)

where

4 2
»2 70% (Cp,c)

" 1.44 0%mg \%p,0

For a glven coolant, the optimum ratio of chamber temperature to
amblent static temperature ls then a function only of My and of the
mean surface temperature T.. Since (I-I/G) increases as T
decreases, 1t 1s deslrable to make T, as small as posslble. As
pointed out in a previous section, & plausible minimum value ifor Ty,

is T, = T,. With this value, the expression for T t bpecomes

c,op

) 2
_P_é_ol’i -1+ (0.176 + b?) Mo? - £ DM /4 + (0.70402 2 (27)
0

2888
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For hydrogen (b = 5.364 for © = Qpgx), the variation of To,opt with

Mach number is shown in Pigure 10 for an amblent temperature of 392 40 R,
It is noteworthy that the optimum chamber and surface temperatures are in
the structurally acceptable range even at Mach numbers of the order

of 20.

The maximum velues of (I-I/G) corresponding to these optimum
temperatures are also plotted in figure 10. With these values, the
maximum values of I L/D can be obtailned from equation (24) when the
aerodynamic coefficients are specified. With I L/D determined, the
renge can be calculated as a function of velocity and fuel weight from
equation (20).

In evaluating the renge obtalnable wlth coolant vaporization
relative to other systems, it is necessary to consider that the wetted
area required to yleld a net thrust may be largsr for the coolant-
vaporization method than for conventional methods. Larger wetted areas
may have a congiderable effect In reducing the maximum 1lift-drag ratio,
as can be sesn from equation (21). The effect of this wetted area on
1/D is included in equation (24). If the resulting IL/D is less than
for a conventional propulsion system, ths specific Impulse for the
coolant-vaporization method must be correspondingly higher to yileld the
same range.

DISCUSSION

From the preceding sections, it appears that the vaporization of
liquefied or solidified gases by aerodynamlc heating can provide thrust
greater than the friction drag of the cooled surfaces at all flight
speeds 1if the coolant, the heat exchanger, and the pressure ratio are
appropriately selected. This thrust is attalned with no combustion,
inlets, or machinery (other than, perhaps, a pump) and more than ade-
quate surface cooling is provided at all fllight speeds. The specifilc
impulse assoclated with this thrust, however, is lower than that
attainable with conventional rocket fuels unless liguld hydrogen 1s
used as coolant and unless the flight Mach number 1ls very high.

Detalled investigation of the conditions, or types of misslon, for
which coolant vaporization might be advantageously used &as a sole means
of propulsion 1s beyond the scope of the present report. The preliminary
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analysls presented herein does indicate, however, that flight in the
atmosphere at extremely high Mach numbers ( >10) cen probably be accom-
plished efficlently with the coolant-vaporization system. Whether such
flight pathe are of Interest remains to be established.

Although much of the analysls was concerned with use of coolant
vaporlzation as an Independent means of propulslon, utilization of this
thrust source as an auxlliary propulsion system may have more immedlate
interest. As shown in figure 5, the speclfic lmpulse can remaln falrly
high for arbitrarily low Mach numbers 1f the value of G is reduced as
the Mach number decreases. Suppose, for example, that the intermal
heat-transfer system is designed to meke T, = T, = 392.4° R. Equa-

tion (17) indicates that such a heat-transfer system (fixed Ai/Api)

can maintain this temperature at all Mach numbers if the mess flow w
is adJjusted according to equation (11). The specific impulse remains
fixed at about 257 (fig. 1) at all speeds, and the parameter G varies
ag Indicated by the straight line T, = 392.4° R in figure 5. The value

of G remalns less than unity for Mach numbers less than about 7. TFor
a glven misslle, therefore, the hydrogen-vaporization technique provides
more and more thrust as the misslle accelerates untll, at a Mach number
near 7, all friction drag 1s effectlvely cancelied. In addition, the
surface remains cooled at no cost in propellant welight efficlency if the
speclfic Iimpulse of the main power plant 1s less than 257. For higher
surface temperatures, the specifilc Impulse obtained with liquid hydrogen
can be even higher (see fig. 5).

An interesting distinction appears from equation (5) between design
parameters desirable for G>1 and those desirsble for G<l1l. If
coolant vaporization 1s to be used primarily as an independent means
of propulsion (G>1), large values of Ce are desirable so that a

glven net thrust can be attained with smaller values of A, /Aj. If

coolant vaporization is used primarily as an suxillsry power source
(6<1), then small values of Cp are desirable. For thls case, there-

fore, the possibllity that the coolant may be able to stabllize a
laminar boundary layer becomes significant. The curves presented In
roference 7 Indicate that complete stablilization of the laminar boundary
layer may be feasible in the Mach number range 1.5 to 9 if the surface
temperature can be reduced almost to the amblent statlc temperature.
Although complete experimentel wverification of this result hag not yet
been obtalned, experiments reported in references 8, 9, and 10 indicate
that the transltion Reynolds number le Ilncreased as the surface is
progresslvely cooled. An evaluation of the relatlive efficlency of
cooling with 1liguld hydrogen rather than with other systems should
therefore include, in addition to the availlable thrust, the possibillity
that the frictlon drag may be reduced from the turbulent to the laminar
value.
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For alrcraft designed for flight in the atmosphers with a conven-
tional rocket power plant it appears that hydrogen vaporizetion can
provide an extremely efficient cooling system since, as polnted out in
the previous example, the specific lmpulse of the coolant flow can be
of the same magnitude as that of the meln power plant at all flight
speeds. For use wlth alr-breathing engines, however, it appears
probable that other more efflclent coolant systems can be devlsed.
Since the speclfic impulse for alr-breathing engines is much hlgher
than for rockets, It would appear to be inefficlient to carry large
quantities of coolant from which specific impulses much lowsr than
those of the maln power plant are obtained.

Figure 8 shows that high ratlos of chamber pressure to amblent
pressure are requlred to attaln values of specific impulse close to
the maximum values. Since high chamber pressures Involve heavy
structures, the high ratios of chamber pressure toc amblent pressure
are best sttained by flight at very high altitudes. Although the
computations of the present report were limited, for comvenience,
to the isothermal reglon of the atmosphere, flight at greater alti-
tudes by means of coolant vaporization may be feaslble and desirsable.
The higher amblent temperatures In the altitude range from 150,000 to
200,000 feet meke this range partlcularly desirable for coolant-
vaporization propulsion. FEquation (9) shows that, for a given T, and
Ty, the thrust increases as the square root of the amblent temperaturs.
This equation assumes, however, that the skin friction and heat trans-
fer are related according to continuum flow theory, and that the heat
transfer from the surfaces due to radiation 1s negligible. Both of
these assumptlons must be reexamined for altitudes greater than
100,000 feet. The reduction In skin friction dus to slip flow 1s
beneficial if coolant vaporization ls used as an suxilliary powser
source, bub 1s harmful 1f coolant vaporization 1s to be used as an
Independent power source. Heat loss due to radlation reduces the
thrust attalnable because the mass flow for a given cooled surface
area ls reduced. Radiatlion loss can, of course, be kept small even
at very high altltudes by uslng surfaces with very low emlssivity.

It 1is apparent that further analysls ls requlired to determine the
best flilght altitude for utilizatlon of coolant vaporization to provide
thrust.

CONCLUDING REMARKS

The preceding analysls indicates that wvaporizatlon of aircraft
surface coolants by aerodynamlic heating can, under certaln conditioms,
produce a net thrust at all flight speseds. ILiquld hydrogen, because of
its low molecular welght, provldes the highest specific impulse at the



18 NACA TN 3140

relatively low chembur btemperatures characteristlc of thls propulsion
mothod. TUse of hydrogen vaporization as an independent propulsion system
ylelds low specific impulses at low speeds; the specific Impulse increases,
however, as Mach number increases and can theoretloally equal or exceed
values obtainable with the best rocket propellants. The specific lmpulse
of the coolant-vaporization propulsion system increases with altitude and
wilth the ratio of cooled surface area to frontal area. A mlsslle

designed for efficient use of coolant-vaporization propulsion may there-
fore be one with thin external fins running longitudinally elong the

body. :

Use of hydrogen vaporization as an auxiliary propulsion system and
as & means of malntaining constent surface temperature shows promise in
connection with conventional rocket propulsion. Surface temperatures
gufficiently low to preserve structural integrity can be maintalned at
all flight speeds, and the resulting gas can be ejected with a specific
impulse comparable to that of conventlonal rocket propellants.

Tewis Flight Propulsion Laboratory
Netional Advisory Committee for Aeronautics
Cleveland, Ohio, May 6, 1953
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APPENDIX A

SYMBOLS
maximum cross-sectional area of aircraft, P8
Internal surface area iIn contact wlth coolant, ££2
external surfece area cooled by coolant, ££2

Internal passage area for coolent, P42

ambient speed of sound, ft/sec

270 Be/mg (Cp ¢
1.2 9 CP,O

body pressure drag coefficlent

wing pressure drag coefficlent

total drag coefficient of aircraft less friction drag
coefficlent of cooled surfeaces

mean extermel skin-friction coefficient

net thrust coefficient

1ift coefficient

specific heat at constant pressure, Btu/1b-°R

drag, 1b
net axlal force on mlssile

thrust parameter, defined by equation (6)

acceleration of gravity, 32.16 ft/sec?
heat-transfer coefficient, Btu/sec-ft2-OR

internal mean heat-transfer coefficilent, Btu/éec-ftz-oR
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heat of vaporization, Btu/lb
external meen heat-transfer coefflclent, Btu/sec-ft2-°R

specific impulse, 1b-sec/lb

volume speclflc lmpulse, sec

vp/Wé
11f%, 1b

fiight Mach number
molecular welght of coolant
molecular welght of air
power

stetlc pressure, lb/ftz

mean heat-transfer rate from external boundary layer to
external surface, Btu/sec-ftZ

ot _ft8 1b
sec® 1b-mole-~°R

universal gas constant, 4.97XL

redius of earth, 20.9x106 £t

Stanton number, = h/PVoy

gtatic temperature, °R
- 1 2
T0(1+L§—'8MO)
vaporization temperature of coolant at pressure Pg,, °r
wing thickness ratio

velocity, Tt/sec
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v total misslile volums, P35

5 initial propellent volume, f%3
We empty welght, 1b

Vo total initial missile welght, 1lb
Wb,P total initial propellant welght, 1b
w coolant flow, 1b/sec

X range, It or miles

@ angle of attack, radians

B MgZ - 1

v4 ratlo of gpecific heats

€ recovery factor

P density, 1b/ft3

® function of 7, Pe/Po, 814 Dy/De defined by equation (8)
Pmax - 702301

Subscripts:

b pertaining to body

c values in collection chamber

a pertaining to wing

e nozzle exit

1 mean values for coolant

3 Jet

opt optimum

P propellant

v vaporization
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mean values &t externsal surfaces

ambient stream condltlons
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APPENDIX B

RELATION BETWEEN PROPULSIVE POWER AND RATE OF HEAT ADDITION

The power consideraticns for the coolant-propelled system are iden-
tical with those of the conventional rocket engine.

For steady flight at velocity Vg +the propulsive power for either
system is

wV.V,
Py = thrust x Vo = IwVq = _é_o (B1)

The portion of the thermal energy of the propellant converted to kinetle
energy in passing through the nozzle 1s

2

(T - t5) = 7o (B2)

<

ET = JCP,C

where tj is the propellsnt temperature following expansion through the

nozzle, Fram equations (Bl) and (B2), the ratio of propulsive power to
thermal power (defined as welght flow times thermsl energy used) is

Jh R[]
WEI. Vj

Equation (B3) shows that, for rocket-type jets, the propulsive power can
be less than, equal to, or greater than the thermel power of the propel-
lant, depending on the ratio of missile velocity to effective jet veloc-
ity. This result is pertinent to the discussion in the text, since it
can readily be shown that the rate of energy addition to the coolant

due to serodynamic heating is not sufficlent to overcome the friction
drag of the cooled surfaces at high speeds. The result cobtained in
equation (B3) indicates that, in spite of this insdequacy of the energy
obtalnable fram aserodynemic heating, values of G greater than unity
are campatible with the first law of thermodynamics.

(B3)

To evaluate the source of the energy corresponding to the propul-
sive power, the kinetic energy acquired by the propellant during accel-
eration to velocity Vo must be considered. The propulsive power does

work relative to a stationary reference frame; consequently, the total
energy change of the propellant relative to that reference frame is of
significance. The total energy per pound of propellent in the chamber
before ejecticn 1s
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Vo2
Ee = e + chp,c‘TC (B4)

After ejection, the total energy of the propellant is
Vo - V4)2
_ U0 - vy)*
Ej o + Jcp,ctj (B5)

The difference between these energlies, multiplied by the weight flow,
is, as might be expected, the propulsive power. Thus,

= WIVO (BG )

Equations (BS) and (B6) show that part of the propulsive power,
relative to the stationary reference frame, arises from the kinetic
enexrgy acqulred by the propellant, relative to that reference frame,
during acceleration to veloclty Vg. o

At very low speeds, the kinetic energy of the propellant, as well
a8 the serodynamic heating and the friction drag, becomes negligible.
The coolant-vaporization system then develops thrust only if the
vaporization temperature is less than ambient alr temperature. The
atmosphere then serves as a heat source to vaporize the coolant,
which develops pressure in the chamber and generstes thrust in
expanding through the nozzle.
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Thrust parameter, G
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Thrust parsmeter, G
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